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Shuttle Orbiter Re-Entry Flowfields at High Angle of Attack
WILLIAM C. ROCHELLE*

Lockheed Electronics Co., Houston, Texas
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An analysis of the continuum inviscid and boundary-layer flowfields around various configurations rep-
resentative of an early version of a space shuttle orbiter re-entering the atmosphere at 40° and 60° angle of
attack is presented. The inviscid flow fields were predicted by 2-D time-dependent and 3-D steady finite
difference/artificial viscosity techniques, together with a 2-D shock layer analysis method. Boundary-layer
flow and heating rates were computed with an integral matrix technique. Configurations which were considered
in the analysis included: 1) 2-D flat plate representations of the flat underside of the orbiter fuselage, 2) 2-D
orbiter fuselage cross sections, 3) 2-D orbiter wing airfoils, and 4) a 3-D straight-wing orbiter configuration.
Theoretical results correlated satisfactorily with pressure and heat transfer data on flat plates and wings
(including shock intersection regions).
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Nomenclature

speed of sound
heat transfer coefficient
viscosity parameter
dissipative coefficient
internal energy
flow variables defined by Eqs. (4) and (7)

— flow variables defined by Eqs. (4) and (7)

= coordinate vector
= static enthalpy ; also altitude
= plate length
= Mach no.
= pressure
= stagnation pressure
= heat transfer rate along centerline
= heat transfer rate for freestream conditions
= heat transfer rate to wall
= heat transfer rate to wall for 1 ft radius sphere
= flow variables defined by Eq. (5)
= radial coordinate
= Reynolds no. based on length, x
= radial coordinate
= lateral/chine line distance ratio defined in Fig. 5
= time
= velocity in x (or z) direction
= velocity in y (or r) direction
— velocity in z direction
= flow variables defined by Eqs. (4) and (7)
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Wlj etc. = flow variables at the middle step
x, y, z = dimensional coordinates of orbiter surfaces
a = angle of attack; also time or x coordinate
)8 = z or y coordinate
y — ratio of specific heats; also r or z coordinate
r = stability parameter in Eq. (13)
e = total enthalpy
6 =flow angle
A!, A2 = quantities in Eq. (11)
p, - arctan (Mo,2 - 1)~1/2

p = density

Introduction

THE NASA space shuttle vehicle is being designed as a low
cost, partially resuable space transportation system

capable of ferrying men and equipment to space, deploying
and/or repairing satellites, and so on, and returning to earth at
moderately high angles of attack. The configuration on which
this aerothermal analysis was based was an early straight-
wing orbiter which was designed to enter the atmosphere at
high angle of attack (40°-60°). This high angle of attack
would produce a low cross range capability but would mini-
mize the total heat load on the vehicle.

An adequate design of the orbiter structure and thermal
protection system requires that the re-entry flowfield and
thermal environment around the vehicle be accurately
determined. In the past two years various orbiter re-entry
aerothermodynamic analysis have been performed.1"3 The
re-entry aerothermal study4'5 summarized in this paper was
performed for both the rarefied and continuum flow regimes.
The high altitude, rarefied flow portion of the orbiter analysis
was presented previously.6'7

This paper presents the results of the lower altitude, con-
tinuum inviscid and boundary-layer flowfield analysis as
outlined in Table 1. The physical model used to simulate the
orbiter was based upon four basic shapes or configurations:
1) flat plates which represented either the flat underside of the
orbiter fuselage of length 120 ft or a flat plate at a = 60° on
which experimental data was measured; 2) a 2-D orbiter cross
section at a = 60°, composed of a flat bottom, sides at right
angles to the bottom, and a semicircular top tangent to the
sides; 3) 2-D orbiter wing airfoils (NACA 0012-64) at a = 40°
and 60°, and 4) a 3-D pointed cone nose representation of the
orbiter fuselage at a = 40° (with sharp-edged slab wings)
which had the exact orbiter fuselage contours aft of the conical
nose.
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Table 1 List of inviscid flowfield cases analyzed by finite difference
and shock layer techniques

a) 2-D flat plate cases'1
Alt.

No. Typec (KFt) a(°) MM
1 FD 195 60 13.7
2 FD 195 60 13.7
3 FD 289 60 20
4 FD 289 60 20
5 FD 269 60 28.3

b) 2-D arbiter fuselage crass section case
1 FD 269 60 28.3

c) 2-D arbiter wing airfoil cases
1 SL 269 60 28.3
2 SL 250 40 26.65

d) 3-D orbiter fuselage I wing case
1 FD 250 40 26.65

1.4
var.
1.4
var.
1.4

1.4

1.4
1.4

1.4

fl Cases 1, 2, and 5 represent the bottom of the orbiter fuselage, while cases 3
and 4 represent a flat plate at a = 60° tested at CAL.

b y = 1.4 denotes ideal gas, while y = variable denotes real gas.
c FD = finite difference programs, SL = shock layer program.
Note: BLIMP program used for boundary-layer analysis based on above inviscid

analyses.

Two of the cases listed in Table 1 considered real sras
(variable y) effects while the others involved an ideal gas
(a .= 1.4) analysis. For each of the cases the boundary-layer
flow and heating rates were computed using the inviscid
flow surface pressure distributions as input. The combined
results of the finite difference, airfoil shock layer, and heating
analysis were used to determine the fuselage shock/wing shock
intersection region on the wing leading edge. All calculations
were performed for points on either an a = 60° trajectory8

or an a...— 45° trajectory9 (oh which the a = 40° calculations
were based).

In the following sections the general theory of the finite
difference/artificial viscosity technique is described in detail as
it applies to the configurations investigated. The shock layer
inviscid flowfield method is briefly discussed as is the boundary
layer flow and heating analysis. A presentation. of shock
location, surface pressure, and heating rate results is given as
compared with test data10-22 listed in Table 2.

Analysis

Finite Difference Inviscid Flowfield
Since a 3-D time-dependent finite difference method for

arbitrary shaped, blunt-nosed bodies at high a was not
available (with a reasonable computer run time), it was
necessary to perform an "approximate" type of 3-D flow
calculation for various parts of the orbiter. In Ref. 23 the
justification for such flowfield approximations for 3-D bodies is
given, along with a survey of these methods as applied to
windward surfaces of hypersonic lifting bodies at high a.
If the aspect ratio is large enough (such as for the bottom of the
orbiter) the flow locally approaches a 2-D flow, independent
of the actual value of the aspect ratio, and methods such as the
"strip theory" concept23 or 2-D time-dependent finite differ-
ence methods may be used to approximate the flow around
3-D shapes. In addition, if the blunt nose region of a lifting
body is small compared to the rest of the body (such as the
orbiter) the body can be assumed to have a pointed nose with
attached shock and the entire supersonic flowfield may be
computed by a steady, marching 3-D finite difference tech-
nique.

For the present study, the inviscid flowfields along flat
plates representing the underside of the orbiter at a = 60°
(where the shock was detached) were computed by a 2-D
time-dependent finite difference/artificial viscosity approach.
The same technique was used for the 2-D orbiter cross section
for a = 60°. A 3-D steady marching approach was used for
the 3-D pointed nose orbiter shape for a = 40°. The major
advantage of this 3-D finite difference technique over other
orbiter flowfield techniques1"3 was its capability for treating
bodies of arbitrary shape instead of being limited to analytical-
ly-defined body shapes. In this manner the shape of the
fuselage can be specified in terms of a table of cross section
contour point coordinates at various stations along the
axis.4

These 2-D and 3-D finite difference methods were based on a
modified Lax-Wendroff24 scheme to solve the hyperbolic
equations of the flowfield. The excessive undershoot and
overshoot in flow properties occurring across a shock wave as
computed by the original Lax-Wendroff scheme were mini-
mized by means of a modified artificial viscosity technique.
During the calculation the time-step size used between

Table 2 Test data compared with theory

Ames
Ames
Ames

Facility

3.5ft hyper. W.T.
3.5ft hyper. W.T.
3.5ft hyper W.T.

Ref.

10
11
12

Type

MSC st. wing orb.
MSC st. wing orb.
NAR st. wing orb.

a(°)

40,60
40
45

Moo

7.4
7.4
7.4

Re<x>L

9.6 x 106

1.1 x 106

2.4 x 106

H.T.
data Location

Fuselage B.C.L.
Wing

Press,
data Location

Fuselage
B.C.L. &
sides

Ames 42 in. shock tun.
Langley var. dens.W.T.
Langley var. dens.W.T.

MSC 10 MW arc jet
MSC 10 MW arc jet

LTV hyper. W.T.

LTV hyper. W.T.
Martin hot shot W.T.
CAL 6ft. hyper.S.T.

AEDC tunnel B
AEDC tunnel B
Grumman wind tunnel

13
14
16

14
15

17

18
17
21

20
19
22

MSC st. wing orb.
MSC st. wing orb.
MSC st. wing orb.

MSC st. wing orb.
MSC st. wing orb.

MSC st. wing orb.

MSC st.wing orb.
MSC st. wing orb.
Flat plate

St. & del. body
MDAC del. wing orb.
GAEC del. wing orb.

60
60
60

60
60

40,60

60
40
60

40
40
40

15
8
8

6
10.4

12,17

15
14
20

8
$
10

3 x 104

3.8 x 106

3.8 x 106

4 x 103

5.7 X 103

2-4.5 x 106

4 x 106

4.3 x 105

7.4 x 1 03

2 x 106

4.5-6.6 x 106 .
6.8 x 105

Fuselage B.C.L.
Fuselage & wing
Fuse, bottom
& wing
Fuselage B.C.L.
Fuse. B.C.L. &
side & wing
Fuselage B.C.L.
& wing

Fuse, bottom
Wing
B.C.L. of plate

Fuselage B.C.L.
Fuselage B.C.L.
Fuselage B.C.L.

Fuselage
B.C.L.

B.C.L.
of plate

Note: B.C.L. = bottom center line.
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successive grid planes was either input as a constant or was
calculated by the program to satisfy the Courant-Friedericks-
Levy stability conditions. A damping (dissipation) factor
was input to control the numerical oscillations. As a result
the flow variables were calculated as continuous functions in
the shock regions and the shock had an arbitrary thickness of
2 or 3 space grids.

General Flow Equations

The system of conservative equations for compressible flow
can be written in the following compact matrix notation

where 8 = 1 for axisymmetric flow; otherwise 3 = 0. These
vectors are functionally related as

F= F(W) G = G(W) Q = Q(W) (2)

For inviscid 2-D time dependent flows, choose

a = f , j8 = z, y = r, p = rs • p,p = rs -p

and e = E+l/2(u2 + v2) only (3)

The flow functions can then be written as

(pu \
'* and

1 = 22= (24 = 0;
and

2 3 =;>-S (5)
The equation of state is

where yeff is 1.4 for an ideal gas. For real gases the effective
value of y was determined as a function of internal energy
and density based on a curve fit of the equation of state25

which was based on tabulated properties of air in equi-
librium.26

For inviscid 3-D steady flows, the flow functions may be
written as

tpu pv

\puw \pvw

(7)

where in this representation of Eq. (1)

« = * P=y -y = z (8)

Finite Difference Solutions

The first order system of differential Eqs. (1) is hyperbolic,
for which the initial value problem is well posed, This
type of problem allows a marching procedure to be used
starting from initial data. The flowfunctions are approxi-
mated in a Taylor series in the a variable with terms through
the second order retained.24 Defining /j = (a,j8,y) as the
coordinate vector, h + Aa = (a + Aa,j8,y), and considering
that the first derivatives at the half step with respect to a are
equivalent to derivatives of the vectors F and G with respect
to j8 and y, a Taylor series approximation to Eq. (1) for the full
step may be written as

[{Ft},

+ 0(Aa3) (9)

This expression in a finite difference form can be used to
calculate the flowfunctions Wt at the coordinate /* + Aa
when the flow values are known at the coordinate h. In
order to calculate the derivatives in (9), the values of the
vectors Ft, Gi9 and Qt at the half-step may be calculated by
using a Taylor series approximation of the functions Wt at
the middle points.4*7

Introducing an additional dissipative mechanism controlled
by the coefficient D*. (where DA < 1,0), the final equation for
the independent flow variables integrated at the full step
becomes

T\\ I 1

—^

where
(D, - W2t W4t) (10)

A! - Aa/Aj8, A2 = Aa/Ay, Aj^= Flt - F2t, AG~f = G3t - G4t

(H)
and the auxiliary functions Flh F2t, G3h G4t at the middle
step are determined from the functional relations
Fit =f(Wlj)9 F2t =f(W2j), t =f(W3j), and

G4t=f(W4)j (12)
where the flow variables Wlt etc., Wlj etc., at the middle step
are obtained using Taylor Expansions.4

When hyperbolic equations are solved numerically using an
explicit scheme of computation, the maximum size of the
marching step Aa is a function of the steps A/?,Ay along the
other space variable and is limited by the Courant-Friedricks-
Levy condition. In addition the particular scheme should
satisfy the Von Neumann condition in order to expect
numerically stable computations. The analysis of the stab-
ility condition using the linearized equations for this scheme
results in the following maximum step size for 3-D steady flows

< [A/r/tan(| 0| + I)]1 (13)
in which A/— smallest of Ay or Az, T < 1.0, D* < 1.0, and
0 = arctan[(y2 + w2)1/2/«].

For 2-D unsteady flows the stability condition which must
be satisfied is

Af < [&x/(v -f c)][D,l(Di + I)]1'2 (14)
where A/ is the time step.

Shock Layer Inviscid Flowfields

Since the 3-D steady finite difference analysis considered a
slab wing (with sharp leading edge) attached to the body to
keep the entire flowfield supersonic, another flowfield method
was used for the subsonic flow around the leading edge of the
actual airfoil of the orbiter wing. Although the 2-D time-
dependent finite difference method could have been used at
various span locations for this airfoil analysis, the number of
locations required to obtain correlation with heat transfer
data dictated that a faster and more economical technique be
used. The TRW shock layer analysis program, an inverse
problem solution technique, was thus employed, using the 3-D
finite difference results immediately upstream of the wing
leading edge.

The Shock Layer Analysis Program calculates the subsonic
and low supersonic (Mi « 1.5) flowfield behind a shock
in front of a generalized 2-D planar blunt-nosed body (e.g.,
airfoil at large a) or a 3-D axisymmetric blunt-nosed body
at a = 0 in hypersonic flow.27 The complete inviscid flow-
field behind the shock including surface pressure is calculated
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both upstream and downstream of the stagnation point as a
function of the distance from the shock to the body.

In addition to using the output from the 3-D finite differ-
ence program at a = 40°, the shock layer program also used
the 2-D finite difference results for the orbiter fuselage cross
section at a = 60°. For this case a simulated wing was attached
to the chine line of the cross section at a dihedral angle of 7°,
and the flowfield around several airfoils was computed using
the shock layer program. For the a = 60° case, the assump-
tion was made that the velocity parallel to the bottom of the
fuselage was equal to »«, cosa. The other velocity com-
ponents were taken from the 2-D finite difference results at
selected locations along the span.

Boundary-layer Flow and Heating Rates

After the inviscid flowfields around the various orbiter
shapes were obtained, the viscous boundary-layer flow and
heating rates were determined. In previous orbiter re-entry
heating studies various simplified laminar flow theories have
been used to predict heating to the fuselage windward center-
line and wing leading edges. These have included cross flow
theory,10 swept cylinder theory,13'17'18 tangent cone
theory,17'18 tangent wedge theory,18'22 local similarity,28

and the "rho-mu" theory.29 Among the turbulent theories
used for the orbiter fuselage centerline are the strip theory
accounting for flow divergence,10 integral method of Van
Driest,20 Spalding, and Chi's method,10'19'20 and a modi-
fication of the integral method of Reshotko and Tucker.28

In the present analysis the heating rates on the orbiter
surfaces for both laminar and turbulent flow were computed
by a nonsimilar, multicomponent boundary-layer integral
matrix program (BLIMP).30 This program which includes
the effects of chemical reactions, foreign gas injection, ion-
ization, and entropy gradients, obtains nonsimilar solutions
by using implicit quadratic finite difference terms applied
to the streamline derivatives. In a comprehensive review of
the literature this program was recently shown to be one of
the best available nonsimilar boundary-layer programs for
shuttle orbiter re-entry heating applications.31

For the configurations analyzed in this study the finite
difference or shock layer inviscid flow pressure distributions
along the surface were used as input to the BLIMP program
along with the stagnation pressure, stagnation enthalpy, and
the equilibrium air species concentrations. The assumption
of a planar sharp body was made for the flat plate cases, a
planar blunt body was considered for the 2-D orbiter fuselage
cross sections and wing airfoils, and an axisymmetric sharp
body using the radial distance from the fuselage axis to the
chine line as the local body radius was used for the 3-D
orbiter geometry.

Results

40-

30-

10-

NOTE:
1) EACH UNIT OF M AND N = 0 .025 FT
2) a = 60°
3) H = 289,000 FT ^-FLOW FIELD BOUNDARY

STAGNATION POINT
(REAL GAS! LAT PLATE

FREE-STREAM
VELOCITY

-SONIC LINE
(IDEAL GAS)

-—SONIC LINE
(REAL GAS)

-—SHOCK
(REAL GAS)

10 20 30 40 50 60 70 80

LONGITUDINAL GRID COORDINATE, N

90 100

Fig. 1 Flowfield mesh, sonic lines, and shocks for flat plate computed
by 2-D time-dependent finite difference method.

10"'

O CAL EXPT DATA (REF 21)
___ BLIMP HT BASED

ON FD IDEAL GAS
___ BLIMP HT BASED

ON FD REAL GAS

Fig. 2 Heat transfer comparison on a flat plate with data.

for an ideal gas because of the location of the stagnation point
(Fig. 1).

In Fig. 3 seven sets of laminar flow heat transfer data for
the centerline of the underside of the orbiter fuselage at a = 60°
are shown in comparison with the predicted heat transfer
rate. The 2-D time-dependent finite difference real gas flow-
field was used as input to the BLIMP program for a 120 ft
long flat plate at a = 60°, representing the flat underside of the
orbiter. The 2-D flat plate (planar sharp body) heating rates
were corrected for 3-D effects (conical flow) by multiplying
them by 31/2. Although there are more accurate means of
including 3-D effects, such as the inviscid surface streamline/
local similarity method28 and the BLIMP program30 used
for the a = 40° case (discussed later), there was excellent
agreement with the data for about the first 2/3 of the plate
using this analysis.

The sonic lines, shock waves, and stagnation points as
calculated by the 2-D time-dependent finite difference method
for a 1.5 ft long flat plate at a = 60° tested in the CAL 6 ft
Hypersonic Shock Tunnel21 are shown in Fig. 1. For this
angle of attack it may be seen that subsonic flow exists along
the entire plate length (and similarly along the entire orbiter
underside). The stagnation point lies closer to the leading
edge for the real gas case than for the ideal gas case, resulting
in steeper pressure and velocity gradients, and, hence, higher
heating rates in the stagnation region. Also the shock wave
and sonic line are closer to the plate for the real gas case than
for the ideal gas case. The corresponding heating rate
coefficients, CH, computed for these inviscid flowfields are
shown in Fig. 2 along with the CAL21 data. It may be seen
that the heating rate predictions for a real gas show excellent
correlation with the data and are higher than the calculations

0.30

0.25

II 0.20

•& 0.15
s"1
-5 o.io
T

0.05

T AMES, M = 7.4, REF 10, MSC ST WING ORBITER
V AMES, M = 15, REF 13, MSC ST WING ORBITER
A MSC, M = 6, REF 14, MSC ST WING ORBITER
• LTV, M = 12, REF 17, MSC ST WING ORBITER
A LTV, M = 17, REF 17, MSC ST WING ORBITER
O LANGLEY, M = 8, REF 14, MSC ST WING ORBITER

—— BLIMP CALCS, M = 13.7, FLAT PLATE
(MODIFIED FOR 3-D EFFECTS)

I MSC, M = 10, REF 15, MSC ST WING ORBITER

0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0

RATIO OF AXIAL DISTANCE TO ORBITER LENGTH, X/L

Fig. 3 Laminar heating rates on underside of orbiter.
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-SONIC LINE
-SHOCK

-SUBSONIC FLOW REGION

•FLOW FIELD BOUNDARY

•STAGNATION POINT

NOTES:
1) EACH UNIT OF M

AND N = 0.4 FT
2) a = 60°
3) H = 269,000 FT
4)M r o =28.3

•SONIC LINE

-SHOCK

0 10 20 30 40 50 60 70

LATERAL GRID COORDINATE, M

Fig. 4 Flowfield mesh, sonic line, and shock wave for orbiter cross
section computed by 2-D time dependent finite difference method.

The flowfield and shock structure around the orbiter cross
section for a = 60° as computed by the 2-D time-dependent
finite difference method for an ideal gas are seen in Fig. 4.
There is a large subsonic region in the vicinity of the stagnation
point and a smaller subsonic region at the top of the cross
section (which for an actual orbiter will be separated). The
pressure distribution around this cross section from the bottom
centerline to the top (outside of the shock) varied by some three
orders of magnitude and the heating rates by some two orders
of magnitude. The heating rate predictions (normalized
by the centerline value) along the front face are presented
in Fig. 5 along with experimental data,16*18 showing the
increase near the chine line as the flow accelerates in this
region. There is reasonably good agreement with the
data, with the calculations at the chine line being somewhat
higher than the data because of the corner radius/base radius
ratio being lower for the calculations (0.0833) than for the
test model (0.12).

The results of the 2-D time-dependent finite difference flow
field calculations for the orbiter cross section at a = 60°
(Fig. 4) were also used with the Shock Layer and BLIMP
Programs to obtain the flowfield and heating rates around
several airfoils near the shock intersection region. The heating
rate predictions on the airfoils near the wing leading edge
normalized by the freestream values at large span lengths
are shown in Fig. 6 compared to data11'15'16 for straight

O NASA/AMES 42 IN SHOCK TUNNEL
DATA (REF 16)

A NASA/AMES 3.5 FT HYPERSONIC
WT DATA (REF 11)

I NASA/MSC 10 MW ARC JET DATA
(REF 15)

2.0

1.8

1.6

1.4

1.2

1.0

0.8

0.6

BOW SHOCK/
WING SHOCK
INTERSECTION
REGION

-UPSTREAM A <3
BLIMP

-CALCULATIOI

0 10 20 30 40 50 60 70 80 90 100

PERCENT EXPOSED SPAN

Fig. 6 Heating rates on leading edge of orbiter wing.

wing orbiters at a = 60°. Reasonably good correlation was
obtained with the data on the inboard side of the shock,
showing the shock intersection region to occur at approximately
35-40 % of the exposed span. No calculations were made on
the outboard side of the shock since the 2-D finite difference
results did not extend this far; however, a freestream cal-
culation which is shown for the undisturbed region is in good
agreement with the data.

For the 3-D representations of the orbiter, a pointed cone of
26.5° half-angle, inclined at 11.5° to the horizontal was used
for the front of the fuselage. The 3-D steady finite difference
calculations for the conical nose were carried out to about
4.4 ft where the cone gradually tapered into the fuselage of
variable cross section as seen in Fig. 7. The conical flow
results were used as inputs for the downstream calculations.
The shock waves at various axial stations of varying and
constant cross section are seen in Fig. 7. At about 70.6 ft
from the nose, the wing leading edge was reached and the
attached shock around the wing was calculated.

The resultant 3-D finite difference surface pressure pre-
dictions along the bottom centerline of the orbiter are com-
pared with data12 for a straight wing orbiter in Fig. 8.
Reasonably good agreement exists between the theory for
a = 40° and data at a = 45°. Also shown on this figure

*• I B
A LANGLEY THERMOCOUPLE DATA (REF. 16)
V LANGLEY PHASE CHANGE DATA (REF. 16)
O LTV THERMOCOUPLE DATA (REF. 18)

—— BLIMP H.T. CALCS. BASED ON FINITE
DIFF. FLOWFIELD

0.2 0.4 0.6 0.8 1.0 1.2
S/B

Fig. 5 Heating rates
around orbiter cross

section.

NOTE:
1) EACH UNIT OF M = N = 0 .4 FT
2) X-DIRECTION IS J_ TO PLANE OF

PAPER
3) * = 40°
4)H = 250,000 FT
5) Mon=

•FLOW-FIELD
BOUNDARY

.X=10 .4FT
- X = 20.4 FT I

,X = 40.1-71.1 FT I

WING SHOCK ——~
(ATTACHED) —— —— X = 6.4FT

10 20 30 40 50 60 70 80
LATERAL GRID COORDINATE, M

Fig. 7 3-D orbiter fuselage cross sections and shocks computed by
3-D steady finite difference method.
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I a = 60°, LTV, REF 17, MSC ST WING
O a = 60° AMES, REF 10, MSC ST WING
V a = 45° AMES, REF 12, NAR ST WING
A a = 30° AMES, REF 10, MSC ST WING

———— a = 40C
—— —— a = 60C

FD 3-DCALCS, MSC ST WING
FD 2-D CALCS, FLAT PLATE

1.0

0.8

0.4

0.2

O " ~ O O I O ~—-

0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0

RATIO OF AXIAL DISTANCE TO ORBITER LENGTH, X/L

Fig. 8 Pressures on underside of orbiter fuselage.

are the 2-D time-dependent finite difference pressure pre-
dictions for a flat plate at a = 60° compared with straight wing
orbiter data10 at a = 60°. Fairly good agreement with this
data exists for the flat plate model except slightly upstream of
the trailing edge.

In Fig. 9 the laminar and turbulent heating rate predictions
on the underside of the 3-D orbiter fuselage at a = 40°,
based on calculated inviscid pressures, are compared with
numerous orbiter experimental data. Excellent agreement
resulted with the laminar and turbulent data10 for a straight
wing orbiter at a = 40°. Reasonably good agreement
existed for the other data; although the delta wing orbiter
data19-22 was slightly higher than the laminar calculations
(which were based on the straight-wing orbiter).

At the station x/L = 0.2 on the 3-D body, the surface
pressures around the body computed by the 3-D steady
finite difference method at a = 40° are shown in Fig. 10
compared with data 12 for a straightwing orbiter at a = 45°.
Good agreement in the lateral direction between theory and
data resulted at this station and at several other axial stations
not shown.

Figure 11 shows the predicted spanwise heating rates near
the leading edge of the orbiter wing for a = 40° compared with
data11 for a =-40°. For this analysis the 3-D steady finite
difference flow properties just upstream of the wing were
used as input to the shock layer program. Twelve airfoil
sections along the span were used to obtain the resultant
surface pressure distribution which was then input to the
BLIMP program to obtain the heating rate distribution around
each airfoil. The stagnation point values (at roughly 3-5 %

O AMES, M = 7.4, REF 10, MSC ST WING ORBITER
S7 LTV, M = 12, REF 17, MSC ST WING ORBITER
A LTV, M = 17, MSC ST WING ORBITER
D AEDC, M = 8, REF 20, ST BODY
• AEDC, M = 8, REF 20, DELTA BODY
O AEDC, M = 8, REF 19, MDAC DELTA WING ORBITER
A GAEC, M = 10, REF 22, GAEC DELTA WING ORBITER

/——BLIMP TURBULENT,
/ NASA/AMES TE5T
/ CONDITIONS

O o O O ° o

BLIMP LAMINAR,
AXISYMMETRIC SHARP NOSE

0 0.1 0.2 0.3 0.4 0.5 0.6 0.7. 0.8 0.9 1.0

RATIO OF AXIAL DISTANCE TO ORBITER LENGTH, X/L

Fig. 9 Heating rates on underside of orbiter fuselage.

-CHINE LINE

3-D STEADY
FINITE DIFFERENCE CALCS,
a = 40°

NASA/AMES DATA
NAR ST WING
ORBITER, a = 45J
(REF 12)

0 5 10 15 20 25 30 35

WETTED DISTANCE FROM STAGNATION PT, X (FT)

Fig. 10 Pressures around cross section of orbiter fuselage
at X/L = 0.2.

of the cord) along the span are presented in the figure which
shows very good agreement with the data except at the highest
data point which is believed to be due to a boundary-layer/
shock interaction phenomena corresponding to Edney's
Type V model.32 The bow shock/wing shock intersection
point occurs about 37-38 % of the exposed span which is at
about the same location as shown17 for straight-wing orbiter
data for a = 40°.

Conclusion

An analysis of the inviscid and boundary-layer flowfields
and heating rates in the continuum flow regime was performed
for a straight-wing shuttle orbiter at angles of attack of 40°
and 60°. The finite difference 2-D time-dependent and 3-D
steady methods were used to predict more accurately the flows
behind detached and attached shocks, respectively, because
of the modified artificial viscosity approach which allowed
smoother properties across the shock waves. These finite
difference methods, together with the shock layer and heating
analysis for the airfoils enabled the fuselage bow shock/wing
shock intersection region to be determined with a good degree
of accuracy. The finite difference pressure predictions and
the heating rate predictions for the windward portion of the
fuselage at both a = 40° and 60° showed good agreement
with the experimental data. Two of the authors of this
paper, d'Attorre and Bilyk, are currently applying the same
finite difference techniques to the flowfield around a high
performance swing wing/delta type of aircraft.33 It is thus
believed that the analytical methods described herein can be

BLIMP CALCULATIONS

/AMES HYPERSONIC
^—WIND TUNNEL DATA

(REF. 11)

10 20 30 40 60 70

PERCENT EXPOSED SPAN

Fig. 11 Heating rates on leading edge of orbiter wing.
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used satisfactorily for design studies on the current delta
wing space shuttle orbiter and other supersonic and hyper-
sonic aircraft at high angle of attack.
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